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ABSTRACT 
Boundary layer  temperature and velocity measurements were  obtained a t  three sta- 
tions in the supersonic portion of a 30O-15' C-D cooled nozzle operating with an adia- 
batic and a cooled inlet. Tests  were performed with heated air at nominal Mach num- 
b e r s  of 2 .1  to 4.4.  The ratio of wall-to-stagnation temperature was 0.8 at  Mach 2 .1  
and 0.6 a t  Mach 4.4. The resul ts  indicated that the thermal boundary layer  in super-  
sonic flow was not described by a l/'l-power law. The experimental momentum and dis- 
placement thicknesses compared favorably to predictions based on the integral boundary 
layer  theories of Bartz  and Sasman-Cresci.  
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SUMMARY 
Boundary layer surveys were obtained in the supersonic portion of a 30' half-angle 
of convergence by 15' half-angle of divergence cooled nozzle operating with heated air. 
Tests were made with an adiabatic and a cooled inlet in order to alter the thickness of 
the thermal boundary layer at the nozzle entrance. 
layer did not describe the thermal boundary layer in the supersonic part  of the nozzle. 
This power law described the velocity profile only when the thermal boundary layer 
thickness was comparable to the thickness in which the Mach number became constant. 
Predictions of the downstream experimental values of momentum thickness by the 
Bartz and Sasman-Cresci theories were within 18 percent of an experimental uncertainty 
band imposed by different methods of terminating the integration of the experimental pro- 
Eiles. The Bartz theory accounted for the experimentally observed changes in momen- 
tum thickness which accompanied the change in inlet cooling. Predictions from the 
Sasman-Cresci theory did not reveal any differences in momentum thickness with the dif- 
ferent inlet thermal boundary layers.  
The Bartz theory tended to underpredict the experimental values of displacement 
thickness whereas the Sasman-Cresci method overpredicted the data. The amounts of 
underprediction and overprediction at the downstream survey station were about 16 and 
25 percent, respectively. 
The experimental results indicated that the 1/7-power law f o r  a turbulent boundary 
I NTROD U CTI ON 
Optimization of the performance of certain propulsion and wind tunnel nozzles re- 
quires an accurate assessment of the turbulent boundary layer. Most conventional 
analyses of turbulent boundary layers  in accelerated supersonic flows utilize empiri- 
cisms derived from studies with nearly zero acceleration. However, various analyses 
yield widely divergent predictions of the turbulent boundary layer development in super- 
sonic nozzle flows, especially if these flows involve heat transfer. In reference 1, it 
was suggested that a principal shortcoming of current theories concerns the description 
of the boundary layer  temperature distribution near the nozzle wall. The present study 
was conducted in order  (1) to obtain a better understanding of the complex boundary layer  
development in supersonic nozzles with heat t ransfer  and (2) to supplement the rather 
meager inventory of available experimental results dealing with the effects of thermal 
boundary layer history on the deficiency thicknesses of momentum and displacement in 
supersonic nozzle flows. 
fer experiments which were reported in references 2 to 5. The results of reference 3 
revealed that extreme differences in the velocity boundary layer thickness at the nozzle 
entrance produced a negligible difference in throat heat transfer. Conversely, differ- 
ences in the thickness of the thermal boundary layer at the nozzle entrance resulted in 
different throat heat transfer rates (as noted by comparison of the results in refs. 4 
and 5). In the current investigation, attention will be devoted to the effects of these dif- 
ferent nozzle entrance thermal boundary layer thicknesses on the boundary layer develop- 
ment in the supersonic flow. 
Boundary layer velocity and temperature surveys were obtained at three stations in a 
30O-15' C-D nozzle. These stations had nominal flow Mach numbers of 2.1, 3.7, and 
4.4. All tests were performed with a cooled nozzle wall 2nd back pressure which was 
sufficient to prevent shock-induced separation. The nominal stagnation temperature and 
pressure were 970' R (539 K) and 300 pounds per  square inch (207 N/cm ) absolute, re- 
spectively. The Reynolds number based OD_ diameter was about 5.5X10 and 3.5X10 at: 
the upstream and downstream stations, respectively. 
stagnation temperature, which was essentially independent of the inlet cooling, was about 
0.8 at the upstream supersonic station and about 0.6 at the downstream station. In order 
to examine the effects of inlet thermal boundary layer growth on the profiles in the supes- 
sonic end of the nozzle, the tests were performed with an adiabatic (uncooled wall) and 
cooled inlet coupled to the nozzle. 
be compared to theoretical results based on the Bartz analysis (ref. 6)  as well as the 
Sasman-Cresci analysis of reference 7. These integral methods were selected because 
they typically illustrate some of the differences that can a r i se  in the predicted deficiency 
thicknesses. 
the momentum and moment of momentum equations whereas the Bartz method (ref. 6)  is 
based on the simultaneous solution of the momentum and energy equations. The skin 
friction laws and other auxiliary equations in the two methods also differ. Of particular 
The conical nozzle of this investigation was used previously for gas-side heat trans- 
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The ratio of nozzle wall-to- 
The experimental displacement and momentum thicknesses at the three stations will 
The Sasman-Cresci method (ref. a )  involves the simultaneous solution of 
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interest in the supersonic flow field is the power-law assumption for  the profiles. The 
experimental velocity and temperature profiles will be compared to 1/7-power profiles 
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axial distance from nozzle geometric throat 
distance from nozzle wall  
axial distance from nozzle entrance 
velocity boiindary layer thickness 
displacement thickness 
temperature boundary layer thickness 
ratio of specific heats (y = I. 4) 
momentum thickness 
energy thi c h e s s  
density 
upper limit of integration over boundary layer 
Subscripts : 
ad adiabatic wall condition 
e edge of boundary layer 
M based on Mach number 
r recovery value 
ref reference condition used in temperature recovery ratio calculations 
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t 
. -  
S static condition 
t local stagnation condition 
t-1 
t-2 
w wall condition 
0 free-stream stagnation condition 
03 free- stream condition 
Supers c rip t : 
* geometric throat condition 
conditions upstream of normal shock 
conditions downstream of normal shock 
APPARATUS 
Fac i 1 it y 
The tests were  performed in a heated air facility, described in reference 2. This 
facility, which is shown in figure 1, comprises a heat exchanger, plenum, cylindrical in- 
let, and test nozzle. The boundary layer in the plenum is removed at the entrance plane 
of the cylindrical inlet by means of a bypass bleed manifold and flow controller. 
Cylindrical In lets 
Two cylindrical inlets were employed in the tests. Both of the inlets had inside di- 
ameters of 6 . 5  inches (16.5 cm) which provided a nozzle contraction area ratio of 19.0 
(ratio of inlet to nozzle throat area). One of the inlets operated with an adiabatic (un- 
cooled) wall whereas the other inlet had a water-cooled wall. Details concerning the de- 
sign of the adiabatic inlets can be obtained from references 2 to 4. The cooled inlet is 
described in reference 5. 
of 17.0 inches (43.2 cm). Velocity profile measurements in the inlet a r e  presented in 
references 2 and 3. The thermal boundary layer started to develop at the entrance of the 
nozzle where a step change in wall  temperature occurred. 
In the cooled inlet, the velocity boundary layer developed over the length of 37.6 
inches (95.5 cm). Cooling was provided for a length of 24.2 inches (61.5 cm) at the 
downstream end of the inlet. In this case, the thermal boundary layer was  well estab- 
In tests with the adiabatic inlet, the velocity boundary layer developed over the length 
4 
lished and turbulent at the nozzle entrance. The velocity and thermal boundary layer 
measurements in the cooled inlet are presented in reference 5. 
Nozzle 
The 30' half-angle of convergence by 15' half-angle of divergence (30'-15' C-D) 
water-cooled conical nozzle of reference 2 was used in the investigation. Details of this 
nozzle are also presented in figure 1. The nozzle had a nominal throat diameter and 
throat radius of curvature of 1 .5  inches (3.8 cm). Velocity and temperature boundary 
layer surveys were obtained at three stations in the supersonic portion of the nozzle. 
The free-stream Mach numbers at these stations were 2.1, 3.7, and 4.4. 
INSTRUMENTATION 
B ou n da r y La ye r P robes 
Pressure.  - A photograph of the boundary layer pressure probe is given in figure 2. 
The probe tip, shown in the inset, had a nominal tip height of 0.002 inch (0.005 cm) and 
width of 0.030 inch (0.076 cm). The length from the centerline of the supporting shaft to 
the tip of the probe was 0.6 inch (1.5 cm). The tip was fabricated from AIS1 410 stain- 
less  steel. 
(1.3 cm). Contact of the probe with the wall was established by means of an electrical 
shorting circuit. The wall  position provided the reference condition for the displacement 
measurements. The accuracy of the displacement measurements for the pressure probe 
is expected to be within 0.001 inch (0.003 cm). 
Temperature. - The temperature probe, shown in figure 3, incorporated a Chromel- 
Alumel thermocouple having an open ball junction (refer to the inset in fig. 3). 
diameter was nominally 0.003 inch (0.008 cm). The thermocouple sheath, which contac- 
ted the wall at the termination of a traverse, had a nominal diameter of 0.008 inch 
(0.020 cm). 
A 0.5-inch (1.3-cm) actuator was used to drive the temperature probe in all tests 
except for  the Mach 3.7 and 4.4 surveys with the cooled inlet. 
layer thickness under the latter conditions necessitated the use of an actuator having a 
greater traversing length. An actuator having a 1.0-inch (2.5-cm) span was used in 
these tests. The displacement e r r o r  associated with this actuator was within 0.002 inch 
(0.005 cm). 
The pressure probe was driven by a motorized actuator having a span of 0.5 inch 
The ball 
The thermal boundary 
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Wall Temperature 
Wall  temperatures used in the analysis of the boundary layer temperature profiles 
were determined from heat flux meters of the type desckbed in reference 5. Steady- 
state temperature measurements on the heat meter were incorporated in the Fourier 
heat conduction equation to determine both the gas-side wall temperature and the local 
heat transfer rate per  unit area. 
DATA REDUCTION 
Boundary Layer Velocity and Stagnation Temperature 
A calibration of the boundary layer pressure probe in subsonic flow indicated a value 
of recovery ratio Pr/Pt = 1.0 over a Mach number range of 0 < M < 1.0. Subsonic 
Mach numbers were computed from the measured stagnation pressure Pt and wall 
static pressure Pw according to the following relation: 
Equation (1) is valid for isentropic flow of a perfect gas assuming the pressure at the 
wall Pw is equal to the local static pressure P,. 
In the supersonic portion of the boundary layer, normal shock relations for adia- 
batic flow of a perfect gas were assumed applicable. Since the normal shock relations 
imply subsonic Mach numbers at the probe, the probe recovery ratio was  assumed equal 
to 1.0 as represented by the subsonic calibration. The supersonic Mach number was 
computed from the Rayleigh pitot formula 
d ( Y - 1 )  l / ( Y  - 1 1 
Y + l  - _ -  Pt-2 - y + l M 2  
pW ( ) [2yM2 - (y - I d  
Again, the pressure at the wall P, was  assumed equal to the local static pressure 
The recovery temperature in the boundary layer which was  measured with the tem- 
in the boundary layer Ps. 
perature probe was  converted to a local stagnation temperature by accounting for  the re- 
covery ratio Tr/Tt as discussed in the appendix. Calibration of the temperature probe 
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revealed that the recovery ratio is primarily a function of Mach number in subsonic flow. 
In supersonic flow the local stagnation pressure upstream of the normal shock Pt-l as 
well as the Mach number entered the calculation of recovery ratio. The parametric 
value of stagnation pressure Pt-l was calculated from the following normal shock rela- 
tion valid for  adiabatic flow of a perfect gas: 
-Y / (Y - 1 1 - M Y - 1 )  
't-1 - (y  + 1)M Y + l  
< - [ ( y -  l)M2:,] [2yM2- ( y -  l j  
where Ptm2 is the pressure sensed by the probe. 
A knowledge of the local Mach number and stagnation temperature is sufficient to 
yield the value of static temperature Ts which can be determined from the adiabatic 
perfect gas relation 
TS 2 
The local velocity in the boundary layer was calculated from the relation 




Method of Determining the Edge of the Boundary Layer 
The following method of treating the experimental boundary layer data essentially 
follows established conventions and is particularly appropriate to the Bartz (ref. 6 )  
theory. The edge conditions used to define the thickness of the layer a r e  based on some 
nominal fraction (usually 0.99) of the free-stream velocity u, or  stagnation tempera- 
ture To. According to this convention, the boundary layer comprises nearly all of the 
fluid within the region defined by au/ay # 0 o r  aT /a # 0. 
The velocity profiles will be presented in te rms  of a normalized velocity ratio u/ue 
plotted as a function of normalized distance y/6. The velocity boundary layer thick- 
ness 6 is hereinafter defined as the distance from the wall y in which the velocity ue 
is equal to 99 percent of the free-stream velocity. 
ratio (Tt - Tw)/(T 
thermal boundary layer thickness A is defined as the distance from the wall y in which 
t Y  
The temperature profiles will be presented in terms of the temperature difference 
- Tw) plotted as a function of normalized distance y/A. The 
t, e 
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the stagnation temperature T 
perature. The wall temperature Tw was determined from the heat flux meter as dis- 
cussed in reference 5. 
puted according to the definitions 
is equal to 99 percent of the free-stream total tem- t, e 
The momentum and displacement thicknesses, 8 and 6*, respectively, were com- 
and 
The distance < was equal to the larger of the values 6 and A .  
tions (6) and (7). For these calculations the corresponding values of pe and ue in 
equations (6) and (7) were the free-stream values p, and u,, respectively. 
The values of 8 and 6* were also computed for an upper limit of < = y k  in equa- 
D i mensi ona I Prof i les 
The distributions of velocity ratio u/ue and temperature difference ratio (Tt - Tw)/ 
(Tt, e - Tw) will also be presented as functions of the distance y which is the dimen- 
sional distance from the wall. The purpose of these distributions is to show the experi- 
mental profiles in terms of the actual distance rather than the nondimensional variable 
y/A since the boundary layer thickness A is often a rather ambiguous quantity. It 
must be acknowledged that mismatches of power law profiles to the data may be due in 
par t  to improper estimates of the thickness A .  However, as mentioned previously, the 
conventional flat-plate definition of the edge of the boundary layer is used in this study . 
because of its compatibility with the Bartz (ref. 6) profile assumption. 
8 
BOUNDARY LAYER THEORIES 
Experimental values of momentum and displacement thickness are compared with 
predictions based on the integral boundary layer theories of Bartz (ref. 6) and Sasman 
and Cresci (ref. 7). Only the principal features of these analyses will be presented in 
this report. 
Bartz Method (Ref. 6) 
The Bartz integral boundary layer theory of reference 6 essentially involves the 
simultaneous solution of the integral momentum and energy equation assuming 1/7 -power 
profiles for velocity and temperature difference, Coles friction law, and the von K&m& 
form of Reynolds analogy. Two basic options, provided in this program, concern the 
selection of an interaction exponent and method of evaluating the diabatic skin-friction 
coefficient. 
energy thicknesses to that for equal thicknesses by a factor of (q/6)n. The normal range 
of values for  n is from 0 to 0.25. In reference 4 it was shown that the values of n 
greatly influenced the theoretical value of throat heat transfer coefficient. A value of 
n = 0 provided the best predictions of experimental throat heat transfer for a variety of 
inlet nozzle combinations. In this investigation, the effect of n on the theoretical mom- 
entum and displacement thicknesses in the supersonic end of the nozzle was  negligible. 
A value of n = 0 was assumed in the Bartz theory except in a few cases which will be 
used to demonstrate the insensitivity of the boundary layer thicknesses to n. 
The interaction exponent n relates the Stanton number for  unequal momentum and 
The diabatic skin-friction coefficient cf was assumed equal to the adiabatic value 
which is obtained when Tw = Tad. The value of cf, ad was obtained from the f ,  ad C 
Coles friction law and is based on free-stream gas properties rather than a film tem- 
perature. 
Sasman-Cresci Method (Ref. 7) 
The Sasman-Cresci boundary layer analysis, presented in reference 7, entails the 
simultaneous solution of the integral momentum and moment of momentum equations. 
Additional relations used in solving the equations include the Ludwieg-Tillman skin- 
friction law and an empirical approximation for the shear stress distribution across  the 
boundary layer. 
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Theoretical In i t ia l izat ion and Inpu t  
Calculations of the boundary layer development in the nozzle will generally be based 
on initial conditions at the nozzle entrance. Therefore, the theoretical boundary layer 
in the supersonic flow field will reflect the influence of the highly accelerated subsonic 
flow. The nozzle entrance boundary layer thicknesses were determined from measure- 
ments in the pipe inlet which were extrapolated to the nozzle entrance by means of the 
Bartz analysis. These initial thicknesses along with the fundamental input quantities 
are given in table I.  
Additional calculations were made with the Sasman-Cresci theory using the Bartz 
predictions of throat momentum thickness and initializing the calculations at the throat. 
These calculations were performed when the throat values of momentum and displace- 
ment thickness from the two theories differed appreciably. 
. 
RESULTS 
Velocity Profi les 
Velocity profiles obtained in tests with the adiabatic and cooled inlets are presented 
in figures 4, 5, and 6 for  Mach numbers of 2.1, 3 . 7 ,  and 4.4, respectively. Thcse re- 
sults are also tabulated in tables I1 to VII. The 1/7-power profile, assumed in the 
Bartz theory (ref. 6), is presented in par t  (a) of these figures to provide a reference for 
the nondimensional boundary layer velocity distributions. The experimental velocity 
profiles in tests with the adiabatic inlet are in good agreement with the 1/7-power law 
at the downstream stations having Mach numbers of 3 . 7  and 4.4 (figs. 5(a) and 6(a), 
respectively). However, the profile at Mach 2.1, shown in figure 4(a) was rather unique 
from the standpoint of a slight depression at y/6 = 0.5. Examination of figure 4(a) also 
reveals a similar type of depression at y/6 = 0 . 1 3  fo r  the profile obtained in tests with 
a cooled inlet. Figure 4(b) indicates that this irregularity in the profile occurred at 
y x 0.012 inch (0 ,030  cm); that is, the true distance from the wall in which the depres- 
sion occurred was essentially independent of the degree of inlet cooling. 
The distortion of these profiles is probably attributable to flow separation at the 
tangent point (x/d* = 0.268) which is in close proximity to the measuring station (refer 
to fig. 1). This tangent point is formed by the intersection of the circular a r c  throat 
and the conical effuser . The flow separation phenomenon occurring at the tangent point 
in conical nozzles as well as the accompanying effect on heat transfer has been discussed 
in reference 8. 
In tests with the cooled inlet, the nondimensional boundary layer velocity profiles at 
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the three supersonic stations were appreciably different than the 1/7 -power profile 
(refer to figs. 4(a), 5(a), and 6(a)). Examination of the corresponding dimensional pro- 
files (figs. 4(b), 5(b), and 6(b)) indicates that the principal reason for these differences 
in the profiles concerns the large differences in thickness 6 resulting from the differ- 
ent levels of inlet cooling. Much larger  values of 6 were obtained in the supersonic 
flow when the inlet was cooled. 
The large values of velocity boundary layer thickness 6 correspondingly occurred 
when the thermal boundary layer thickness A greatly exceeded the distance G M  where 
the Mach number (pressure ratio Pt-2/Ps) became a constant. This is illustrated 
typically in figure 7 which is based on the results at Mach 3 . 7  for tes ts  with the cooled 
inlet. 
The experimental Mach number and temperature profiles at the Mach 3 . 7  station 
are shown in figure 7(a). The local Mach number M reaches the free-stream value 
Moo at a distance G M  = 0.111 inch (0.282 cm). However, the local stagnation temper- 
ature Tt approaches the edge value of temperature T 
(1.04 cm)) which is nearly four t imes greater than 6M. In the region defined by 
6M 5 y I A ,  the static temperature varies according to equation (4). Since the Mach 
number is constant over AM 5 y 5 A ,  the velocity must vary in this region. This vari- 
ation in velocity, given by equation (5), is shown in figure 7(b). Although the value of 
velocity boundary layer thickness 6 is less than the thermal boundary layer thickness 
A ,  it is clear that the temperature variation in this outer region influences the velocity 
profile. 
The 1/7-power profile used in the Bartz method (ref. 6) is also shown in figure 7(b). 
The theoretical thickness 6 compares more favorably with than with the experi- 
mental velocity boundary layer thickness 6. The significance of the differences in these 
profiles is difficult to determine because the integral boundary layer theory of Bartz 
(ref. 6) assumes a 1/7 -power profile for the temperature as well as the velocity profile. 
It will  be shown that the 1/7-power thermal boundary layer profile was not in agreement 
with the data. However, since the desired thicknesses (momentum and displacement 
given by eqs. (6) and (7), respectively) require a knowledge of both the velocity and 
thermal boundary layer, the respective e r r o r s  in the assumed profiles can have a com- 
pensating o r  possibly negligible effect. Therefore, from a practical standpoint, the 1/7- 
power profile assumption may be reasonable for computing deficiency thicknesses, at 
least for the present operating conditions. Further comments on the profile assumptions 
will be presented upon comparison of the experimental and theoretical momentum and 
displacement thicknesses . 
at a distance (A = 0.408 in. t ,  e 
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Temperature Profi les 
I 
Temperature profiles obtained at the three supersonic stations a r e  shown in fig- 
ures  8 to 10. These results are also tabulated in tables 11 to VII. Examination of fig- 
ures  8(a) to lO(a) indicates that the nondimensional profiles obtained in tests with both 
the adiabatic and cooled inlets were not in agreement with the l/?-power profile. The 
principal effect of increasing the thickness of the thermal boundary layer a t  the nozzle 
entrance was to increase the thermal boundary layer thickness A and, consequently, 
alter the shape of the profile in the supersonic flow field. The dimensional profiles 
given in figures 8(b) to 1O(b) indicate that in progressing downstream the inner portions 
of the profiles tend to coincide. For example, at  the downstream station (fig. lO(b)), 
the temperature profiles appear to be the same from the wall to y = 0.040 inch (0.102 
cm) . However, large differences a re  apparent in the outer portion of these profiles, 
particularly from the standpoint of the thickness A .  These large differences in A 
resulting from the different inlet thermal boundary layer thicknesses, contribute to the 
pronounced difference in the shape of the nondimensional profile shown in figure lO(a) . 
Similar results were obtained for the other stations (figs. 8 and 9). 
The nondimensional temperature profiles obtained in tests with the cooled inlet 
differed from both the 1/7-power profile and the profiles measured in tests with the 
adiabatic inlet. The latter profiles were better described by a 1/4-power law a s  shown 
in figures 8(a) to lO(a) . The profiles obtained in tests with the cooled inlet cannot be 
adequately described by such a simple power law model. A pronounced change in the 
curvature of these profiles can be noted at distances of y/A ranging from about 0.15 at 
Mach 2 . 1  to 0.30 at Mach 4.4 (figs. 8(a) to lO(a), respectively). This change is equally 
apparent in the dimensional profiles given in figures 8(b) to lO(b). In general the change 
in curvature takes place a t  a distance of FM which denotes the thickness of the Mach 
number layer (distance from the wall in which the pitot pressure attains a constant 
value). By neglecting the temperature variation in the outer part  of the boundary layer 
(y > FM) and defining a new value of thermal boundary layer thickness A where 
A 
exhibit a similarity. That is, the inner portions of the profiles defined by y 5 6M have 
about the same power-law variation which in the case of the temperature profiles is 
given approximately by 
FM, the two experimental thermal boundary layer profiles at a given station will 
Tt - Tw 1/4 
The corresponding power law variation for the velocity profiles obtained by neglecting 
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Incorporation of a 1/4-power law rather than the l/?-power law for the temperature 
profile in the Bartz analysis (ref. 6) resulted in negligible differences in the predicted 
deficiency thicknesses. This will be illustrated in a subsequent section of the report. 
Comparison of Experimental and Theoretical Deficiency Thicknesses 
In this portion of the report, the experimental momentum and displacement thick- 
nesses will be compared to predictions based on the Bartz (ref. 6) and Sasman-Cresci 
(ref. 7) theories. The experimental results at each station are denoted by a shaded and 
open symbol. These symbols differentiate between the limits of integration used to es- 
tablish the deficiency thicknesses. The open symbols indicate that the integration was  
performed over a distance < which was equal to the larger of the values 6 and A 
(refer to eqs. (6) and (7)). The shaded symbols correspond to integrations over the 
range of 0 5 y 5 y, where y, is any point in the free stream. In the boundary layer 
of zero-pressure-gradient flows the difference in the results evolving from the different 
upper limits of integration is usually negligible. However, in the accelerated flow of a 
nozzle, the edge conditions of the turbulent boundary layer are often rather ambiguous 
quantities (ref. 5). In this report the difference in the results for the two upper limits 
of integration will be treated as an experimental uncertainty. The theoretical results 
will be compared to deficiency thicknesses within an uncertainty band formed by the 
line joining the two data points a t  each station. 
The theoretical distributions of deficiency thickness were obtained by initializing 
the calculations a t  the nozzle entrance in accordance with the values given in table I(b) . 
The local values of wall temperature and static pressure,  which a r e  also required in the 
boundary layer calculations, are given in table I(a) . 
Momentum thickness distributions. - Experimental and theoretical distributions of 
momentum thickness are presented in figures 11 and 12 for tests with an adiabatic and 
cooled inlet, respectively. The results obtained in tests with an adiabatic inlet (fig. 11) 
indicate that both theories were in good agreement in the subsonic and throat portions of 
the nozzle; however, a modest divergence in the results occurs in the supersonic portion 
of the nozzle (x/d* > 0). The results of figure 12, corresponding to tests with a cooled 
inlet, reveal a greater difference in the theoretical thicknesses throughout the nozzle. 
A t  the downstream survey station (x/d* = 6.381), the difference in predicted values of 
f3 was about 14 and 6 percent of the mean levels for tests with the adiabatic and cooled 
inlets, respectively. In the supersonic flow, the Sasman-Cresci method (ref. 7) pre- 
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dicted higher values of 8 than the Bartz theory (ref. 6) in tests with the adiabatic inlet, 
whereas the converse of these results applies in the case of tests with a cooled inlet. 
The theoretical distributions of momentum thickness are within o r  slightly below 
the values within the uncertainty band. The Sasman-Cresci theory (ref. 7) provided 
better agreement with the experimental values of 8 obtained in tests with an  adiabatic 
inlet (fig. ll), but the Bartz method (ref. 6) yielded a bettor prediction of 8 in tests 
with the cooled inlet (fig. 12). The Bartz theory was not more than 18 percent below the 
experimental values of 8 with the worst agreement occurring at the downstream station 
(fig. 11). The Sasman-Cresci theory also yielded predictions within about 18 percent of 
the experimental values as shown in figure 12. 
Based on the relative agreement between the theories and experiments it is difficult 
to preclude one method in favor of the other analysis. Perhaps, however, the greatest 
significance of the aforementioned results evolves from the abilities of the two theories 
to account for the experimentally observed change in 0 which accompanied the change 
in inlet cooling. This change in the experimental values of 8 can be observed by com- 
paring figures 11 and 12. A t  a given station larger values of 8 were observed when the 
inlet was cooled. Comparison of figures 11 and 12 also indicates that the Sasman- 
Cresci theory (ref. 7) did not account for the effects of different inlet thermal boundary 
layers on the 8-distribution in supersonic flow. The Bartz theory (ref. 6) revealed a 
small difference the 8 -distribution which was consistent with the experimental results. 
The ability of the Bartz method (ref. 6) to comprehend the effects of different thermal 
boundary layers on the values of 8 lends credence in application of the theory for 
calculations of f3 in supersonic flows, particularly when a significant thermal history 
is associated with the boundary layer. 
thickness 6*,  presented in figures 13 and 14, exhibit a greater divergence in the super- 
sonic portion of the nozzle than the previously discussed momentum thickness distri- 
butions. For instance, at the downstream survey station, corresponding to a nominal 
Mach number of 4.4 ,  theoretical values of 6* differ by about 20 percent of the mean 
value for both the adiabatic and cooled inlet tests. 
The Bartz theory (ref. 6) equaled o r  slightly underpredicted the experimental values 
of 6* and the Sasman-Cresci theory (ref. 7) overpredicted the experimental results as 
shown in figures 13 and 14. It is interesting to note the relative change in the theoretical 
and experimental values of 6* corresponding to the change in inlet configuration. With 
the exception of experimental values of 6* at the downstream station, a slight re- 
duction in thickness was  apparent upon replacing the adiabatic inlet with a cooled con- 
figuration. The Bartz theory (ref. 6) predicted this observed trend which is most ap- 
parent at the upstream stations; however, the Sasman-Cresci theory (ref. 7) indicated 
no change in 6* with a change in the thermal boundary layer. A t  the downstream sur-  
Displacement thickness distributions. - The theoretical distributions of displacement 
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vey station the Sasman-Cresci theory (ref. 7) yielded values of 6* which were  about 
25 percent higher than the upper limit of values within the experimental uncertainty 
band (fig. 14). Predictions based on the Bartz theory were about 16 percent lower than 
the lower limit of values within the uncertainty band (fig. 14). 
Effect of Varying t h e  Interact ion Exponent in t h e  Bartz Theory (Ref. 6) 
The distributions of B (fig. 11) and 6* (fig. 13) obtained from the Bartz method of 
reference 6 are representative of two values of interaction exponents n, namely, n = 0 
and n = 0.25. A s  noted in the aforementioned figures, the variation in this exponent 
had no effect on the predicted distributions of B and a negligible effect on the theoreti- 
cal distributions of 6* .  Therefore, in calculations of 6* and 8 the value of n used 
in the theory is of little consequence; however, in calculations of heat transfer rates 
the value of n becomes very important a s  was shown in references 4 and 6. Refer- 
ence 6 should be consulted for further details concerning the interaction exponent. 
Predictions Based on I n i t i a l  Values of Deficiency Thicknesses at Throat 
In many applications of boundary layer analyses it is desirable to initiate the cal- 
culations at the throat of the nozzle where the boundary layer is very thin. It is impor- 
tant, therefore, to determine the sensitivity of the calculation to the initial values of 
boundary layer thickness. A demonstration of this sensitivity is presented in figures 12 
and 14 where the upstream, and, consequently, the throat values of 8 and 6* differed 
appreciably. The Sasman-Cresci theory (ref. 7) was initiated at the throat (x/d* = 0) 
with the value of 8 determined from the Bartz method (ref. 6). A s  shown in figure 12, 
the  theoretical values of 0 determined from the Sasman-Cresci theory (ref. 7) rapidly 
converged to approximately the values obtained from the full nozzle calculation thus 
indicating an insensitivity to the initial value of 8. A rapid convergence in the corre-  
sponding distributions of 6* can be noted in figure 14. 
The Bartz method (ref. 6) initiated on the basis of the Sasman-Cresci throat value 
of 8 also produced a rapid convergence to the originally calculated distribution. This 
latter result is not shown in order to preserve clarity in figures 12 and 14. 
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Effect of Varying t h e  Power Law o n  t h e  Temperature 
Prof i le in t h e  Bartz Theory (Ref. 6) 
In the previous discussion of the velocity and temperature profiles it was  concluded 
that, upon neglecting the region of the boundary layer corresponding to y > 6M, the 
temperature and velocity profiles could be described by 1/4- and l/7-power laws, 
respectively. These profiles appeared to be independent of the amount of inlet cooling. 
In reference 4, both the temperature and velocity profiles in the subsonic portion of the 
present nozzle were described by a 1/7-power law. These results for subsonic and 
supersonic flow suggest a new boundary layer model leading to a two-part calculation in 
the nozzle. The first part  of the calculation consists of applying the Bartz theory (ref. 6) 
to the subsonic portion of the nozzle. The second par t  of the calculation requires re- 
initialization of the theory at the nozzle throat; however the power associated with the 
temperature profile is altered from 1/7 to 1/4 to be more consistent with the observed 
profiles of this investigation. 
of initial values of 6* and 8 with the calculated values at the throat. Obviously, not 
all conditions at the throat can be matched since the change in temperature profile 
necessarily changes the various thicknesses. In the Bartz theory (ref. 6) the boundary 
layer input consists of the values of 8 and A/6.  Therefore, in order to match the 
throat values of 6 and (;* resulting from the upstream calculation, it was necessary 
to iterate in the second part  of the analysis on the basis of A/6 until matching of 8 
and 6* was achieved. 
it can be observed that no change occurred in the distribution of 8 when the temperature 
power law was altered. A very slight change in the 6* distribution accompanied this 
change in the power law as shown in figure 14. The change, however, was  in the di- 
rection of reduced levels of 6* which produces a greater deviation from the experi- 
mental results. 
In performing the previous calculation it was necessary to establish a compatibility 
The results of the two-part calculation a r e  shown in figures 12 and 14. In figure 12 
SUMMARY OF RESULTS 
Time-mean velocity and temperature profiles in a turbulent boundary layer were 
measured at three stations in the supersonic portion of a 30' - 15' C-D nozzle. The 
nominal Mach number range for the boundary layer surveys was from 2 . 1  to 4.4. The 
Reynolds number based on diameter was about 5. 5X106 and 3.5X10 at the upstream and 
downstream stations, respectively. Tests were performed with an adiabatic and a 
6 
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cooled inlet in order  to change the thermal boundary layer thickness at the nozzle en- 
trance. The ratio of wall-to-stagnation temperature, which was nearly independent of 
the inlet configuration, was about 0.8 at Mach 2 . 1  and about 0.6 Mach 4.4.  The experi- 
mental results were compared to theoretical predictions based on the methods of Bartz 
and Sasman-Cresci. The most significant results of this investigation can be summa- 
rized in order  of prominence as follows: 
1. The thermal boundary layer profiles in the supersonic portion of the nozzle were 
not described by a 1/7-power profile which is often associated with the turbulent bound- 
a r y  layer in a pipe. The velocity profiles were described by the l/'l-power law when 
the thermal and Mach number layers  were of comparable thickness. However, when 
the thermal boundary layer thickness greatly exceeded the thickness of the Mach number 
layer, the velocity profile deviated from the conventional power profile. These latter 
results were observed in tests with a cooled inlet which produced a thick thermal bound- 
a ry  layer at the nozzle entrance. 
2. Predictions of momentum and displacement thickness based on the Bartz and 
Sasman-Cresci methods revealed modest differences in momentum thickness and pro- 
nounced differences in displacement thickness with increasing supersonic Mach number. 
3 .  The agreement between experimental and theoretical values of momentum thick- 
ness was generally within 4 8  percent of the experimental uncertainty band. The 
Sasman-Cresci method tended to overpredict the experimental values of displacement 
thickness whereas the Bartz theory underpredicted the observed results. A t  the down- 
s t ream station, the predictions were within plus 25 percent and minus 16 percent of the 
experimental uncertainty band. 
4. The Sasman-Cresci theory did not account for changes in the thermal boundary 
layer history imposed by the use of an adiabatic and a cooled inlet. This w a s  noted as 
a result of comparing the predictions of momentum and displacement thickness for tests 
having an adiabatic inlet with the distributions corresponding to tests having a cooled 
inlet. The Sasman-Cresci predictions of the deficiency thicknesses were identical for 
the two tests. The Bartz method qualitatively predicted the experimental changes in 
deficiency thickness resulting from different inlet thermal boundary layers.  
CONCLUDING REMARKS 
The results of this investigation tend to emphasize the importance of the inlet 
thermal boundary layer relative to the displacement and momentum thickness distribu- 
tions in the supersonic par t  of the nozzle. It has been known that differences in the 
thickness of the inlet momentum boundary layer are essentially eradicated by the strong 
accelerating forces in the subsonic and throat portions of the nozzle. Differences in 
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inlet thermal boundary layer thickness are not erased by this acceleration. These 
initial differences are reflected in the profiles and deficiency thicknesses in the super- 
sonic flow. 
and thermal boundary layers is important, particularly in thrustor nozzles. With this 
consideration in mind, it may be more desirable to use an analysis of the Bartz type in 
predictions of the momentum and displacement thicknesses since it appeared to account 
for  the effects of different thermal histories, at least for the conditions of the present 
investigation. For applications such as the design of adiabatic wall nozzles of the type 
used in certain u7ind tunnels, the Sasman-Cresci type analysis may provide equally good 
o r  better predictions of the deficiency thicknesses. An illustration of the high degree 
of accuracy of the latter theory in the case of an adiabatic wall nozzle is presented in 
reference 7. 
The ability of a theory to account for the complex development of the momentum 
Lewis Research Center, 
National Aeronautics and Space Administration, 
Cleveland, Ohio, April 16, 1969, 
129-01-05-19-22. 
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APPENDIX - RECOVERY CHARACTERISTICS OF TEMPERATURE PROBE 
The recovery characteristics of the temperature probe, shown in figure 3, will be 
presented in terms of the temperature recovery ratio Tr/Tt which, to a first order,  
varies with the Mach number M. The calibration of the probe was  performed in a free 
jet operating at ambient temperature over a range of subsonic Mach numbers and at 
Mach 1.4. The results of the subsonic and Mach 1.4 calibrations a r e  shown in figure 15 
a s  regions I and 11, respectively. The *1/2 percent band attached to the temperature 
recovery ratio a t  Mach 1.4  indicates the sensitivity to the stagnation pressure level. 
shaded symbols represent temperature recovery ratios measured with the probe in the 
free stream. These data correspond to operation at the design stagnation pressure and 
temperature, 300 pounds per  square inch (207 N/cm ) absolute and 970' R (539 K), 
respectively. The upper line in figure 15 has been faired through these data and re- 
presents a reference level for subsequent calculations of temperature recovery ratio a t  
off-design pressures.  
The calculated curves of region 111, figure 15, were based on the experimental 
variation of temperature recovery ratio with stagnation pressure Pt-l at Mach 3.7.  If 
a functional relation of the type used in reference 9 was assumed, a curve f i t  of the data 
yielded the following expression for the temperature recovery ratio : 
The data points in region 111 of figure 15 were obtained in the test nozzle. The 
2 
The reference quantities in equation (Al) w e r e  obtained from the reference curve in 
figure 15. As noted in equation (Al) ,  the recovery temperature ratio is a function of 
pressure ratio raised to a power of -0.16. This is approximately the same function that 
was obtained in reference 9 for unshielded spike probes. 
The variation of Tr/Tt with Pt in region 11 of figure 15 was obtained by linear 
extrapolation between Mach numbers of 1.0 and 2.0. The resulting variation of Tr/Tt 




-- - -0.065 Pt-l - O o 3 1 6  (M-  1.0) + 0.9805 
The variation of temperature recovery ratio in region I of figure 15 was obtained 
from the curve faired through the free-jet calibration data. The effect of stagnation 
. . . I 
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pressure level on recovery ratio was neglected in this region. 
negligible. The change in temperature recovery ratio with temperature level a t  Mach 
2.1 and 3.7 was less than 1 percent for free-stream stagnation temperatures between 
550' and 9'70' R (308 and 539 K). 
The effect of temperature level on the temperature recovery ratio was assumed 
20 
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TABLE I. - INPUT AND INITIAL BOUNDARY LAYER THICKNESSES 
USED IN THEORETICAL CA LCULATIONS 
[Stagnation temperature  TO NN 970’ R (539 K); stagnation p res su re  Po = 300 psia 


























(a) Experimental  input 
tion 
Adiabatic inlet Cooled inlet 
Momentum, 0 Velocity, 6 






rat io ,  
W P 0  
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(b) Boundary layer  thickness a t  nozzle entrance 
r 
Temperature .  A 
in. I cm 
0.552 I 1.402 
Temperature ,  A 1 Momentum, 0 I Velocity, 6 I l  
0.0343 0.0871 0.334 0.848 




1 .4  
1.5 
1.7 






1 .9  






2 .1  
2.1 









0 .910  
0.Y23 
0 . 9 3 4  
0 .940  
0.940 
0 .938  
0 .940  
0.Y42 
0 .946  
0 . 9 5 4  
0 . 9 6 1  
0.969 
0 .974  
0 . 9 8 3  
0.989 
0.990 
0 .996  
1 .000  
1 .000  
TABLE II. - BOUNDARY LAYER SURVEY AT A NOMINAL W C H  NUMBER OF 2 . 1  FOR ADIABATIC INLET 
[Free-stream velocity u, = 2319 ft/sec (706 m/sec); wall temperature Tw = 788' R (438 K); free-stream stagnation temperature 
To = 973' R (541 K); edge stagnation temperature T 
(0.053 cm); temperature boundary layer thickness A = 0.039 in. (0.099 cm). ] 
= 964' R (535 K); velocity boundary layer thickness 6 = 0.021 in. t, e 
I Integration to edge condition I Integration to free-stream condition 
I Momentum, 0 I Displacement, 6*1 Momentum, 0 I Displacement, 6* 
I in. I cm I in. I cm I in. 1 cm I in. I cm 
IO.0014 IO.OO36I 0.0034 I0.00861 0.0030 10.0076 I 0.0040 IO.0103 
I I I I I 
Distance from Local static Local stag- Local velocity, 
nozzle wall, tempera- nation tem- U 
Y ture, perature, 
I I L --- 













0 . 1 1 5  
0 .162  
0 .209  
0..302 
0 . 3 9 6  
0 . 4 2 0  
0 .443  
0 .467  
0 .490  
0 . 5 1 4  
0 .537  
0.560 
0 .584  
0 . 6 3 1  
0 .678  
0.725 
0 .771  
0 . 8 6 5  
0 .959  











0 . 7 7 t  
0 .857 
0 .Y19  
0.932 
0 . 9 4 3  




0 .955  
0.964 
0 .971  
0.978 
0 . 4 8 4  






















0 .296  
C.309 
0.322 
0 . 3 4 8  
0 .374  
0.400 
0.426 
0 .477  
0.529 














rt - Tw 




in. cm --- 
OR K OR ' K 
T t , e - T w  
6 9 4  . 
6 5 9  
6-34 
6 0 9  
5 6 6  
532  
5 2 5  
3 17 
5 18 
5 2 1  
5 2 6  
52d  
5 2 9  
>2  I 
5 2 3  




3 1 5  
5 1 5  
5 2 1  
576  
5 2 6  
3 e c  
3 6 6  
3 5 2  
3?8  
315  
2 5 5  
2 9 2  
2E8 
2 5 c  
2 9 2  
2 5 4  
2 5 4  




2 8 6  
2E5 
2 k t  
2 @ 6  
29C 
2 s 2  
2 5 2  
2 e 9  
4 1 8  
4 7 3  
5 10 
5 4 4  
5 9 9  
6 4 3  
6 5 1  
6 5 9  
663  
6 6 4  
6 6 3  
664  
6 6 5  
6 6 8  
6 7 4  
6 7 9  
6 8 4  
668  
6 9 4  
6 9 8  
6 9 9  
7 0 3  
7 0 6  
7 0 6  
0 .342  
0 .388  
0 .426  
0 .464  
0 .541  
0.617 
0.636 
0 .655  
0 . 6 7 4  
0 . 6 9 4  
0 . 7 1 3  
0 . 7 3 2  
0 . 7 4 1  
0 .750  
0 . 7 6 7  
0 . 7 8 4  
0 . 8 0 1  
0 .818  
0.d52 
0 . 8 8 6  
0 . 8 9 4  
0 .953  








0 .672  
0.692 
















8 5 1  
8 6 0  
8 6 7  
b 7 4  
YC2 
9 C b  
9 10 
9 1 3  
Y 1 7  
9 2 0  
9 2 4  
9 2 6  
9 2 7  
9 30 
Y 3 3  
'I 3 7 
'1 4 0 
9 4 6  
9 3 2  
9 5 4  
9 6 5  
7 7 3  
Y 7 3  
be8  
- 
1 3 7 4  
1 5 3 4  








0.0 I C 4  
0.0109 
0 .0114  
0.0119 
0 .0124  
0.0134 
0 .0144  
0 .0154  
0.0164 
0.01134 
0 .0204  
0 . 0 2 0 9  




0 .0032  . 
0 .0062  
C.00H8 
0.0113 
0 .0164  
C .02 15 
0 .0227  
0 .0240  











0 .0519  
G.0532 
0 .1027  
0 .4820  
0 .8630  
4 7 8  
4 8 2  
4 8 6  
4 9 4  




5 0 9  
5 1 1  
5 1 3 
514  
5 1 5  
517 






2 3 6  
540 
54 1 - 
1 6 7 5  
1 7 8 6  
1 9 6 7  
2 1 1 0  
2 1 3 9  
2 165  
2 1 7 9  
2 1 7 6  
2 1 1 4  
2 1 8 4  
L 1 9 2  
2 2 1 3  
22zc l  
2 2 4 6  
2 2 5 8  
2 2 1 9  
2 2 9 2  
2 2 9 5  
23011 
2 3 1 8  
2 3 1 4  




Integration to edge condition 
Momentum, B Displacement, 6* 
TABLE ID. - BOUNDARY LAYER SURVEY AT A NOMINAL MACH NUMBER OF 3.7 FOR ADIABATIC INLET 
[Free-s t ream velocity uoo = 2925 ft /sec (891 m/sec); wall temperature Tw = 637' R (354 K); f ree-s t ream stagnation temperature 
To = 970' R (539 K); edge stagnation tempera ture  T 
(0.221 cm); temperature boundary layer  thickness A = 0.083 in. (0.211 cm) . ]  
= 960' R (533 K); velocity boundary iayer  thickness 6 = 0.087 in. 
t ,  e 
Integration to f ree-s t ream condition 







cm in. cm in. cm 

































b c h  
mm- 

















































0 .634  
0 .650  
0.670 
0 . 7 1 1  
0 .730  
0.739 




' 0 . 8 6 9  
0.558 
0.682 
Local s ta t ic  
tempera-  




5 6 6  
5 5 3  
539 
527 
5 1 6  
5 0 5  
50 1 
4 9 1  
4 8 5  
4 h 7  
4 5 2  
4 4 5  
4 4  1 
4 2 2  
4 1 3  
3 9 7  
3 5 9  
327 
301 
2 8 3  
2 6 8  
0.2356 , 260 
0.2673 ' 2 5 8  
0.3004 257 
0 .3639 257 








3 1 5  
307 
259 
2 S 3  
2 8 1  
2 7 3  
2 7 0  
2 5 9  
2 5 1  
247 
2 4 5  
2 3 4  
2 2 9  
2 2 1  
1 S 9  
1 8 2  
167 
157 
1 4 9  
144 
1 4 3  
1 4 3  
1 4 3  
1 4 3  
1 4 3  
1 4 3  
1 4 3  









7 4 0  
7 5 0  
7 6 1  
7 7 1  
7 9 2  
8 0 2  
8 1 1  
7 a i  
a 17 
a 2 6  
8 32 
8 3 4  
8 3 6  
8 4 9  
8 5 6  
8 70 
8 9 7  
9 19 
9 3 7  
9 4 9  
9 5 9  
9 6 3  
9 6 6  
9 6 7  
9 6 8  
9 6 9  
9 6 9  
96Y 
9 6 9  




4 1 1  
4 1 7  
4 2 3  
4 3 4  
4 4 0  
4 4 6  
4 5 0  
4 5 4  
4 5 9  
4 6 2  
4 6 3  
4 6 4  
4 7 2  
4 76 
4 9 8  
5 1 0  
520 
527 
5 3 3  
5 3 5  
537 
4 2 8  




1 4 4 4  
1 6 3 2  
1 7 1 3  
1 8 5 4  
1 9 0 1  
1 9 6 0  
1 9 9 5  
2 0 7 8  
2 1 3 5  
2 1 6 1  
2 1 7 9  
2 2 6 4  
2 3 0 7  
2 5 4 2  
2 6 6 7  
2 7 6 2  
2 8 2 9  
2 9 0 7  
2 9 1 7  
1538 
1 7 8 6  
2 3 8 2  
2 8 8 0  
537 2 9 2 0  
538 2 9 2 2  
5 3 8  2 9 7 3  
538 2 9 2 4  
5 3 8  2 9 2 4  
5 3 9  2 9 2 5  
5 3 9  2 9 2 5  
m/sec 
4 4 0  
4 9 7  
5 2 2  
5 4 4  
565 
5 7 9  
597 
6 0 7  
6 3 3  
6 5 0  
6 5 8  
6 6 4  
6 9 0  
7 0 3  
7 2 6  
7 7 4  
4 6 8  
a12 
a4 1 
a 6 2  
a 8 9  
a90 
a9 i 
a9  1 
a 9 1  
a9 i 
87 1 
e 8 6  
8 9 0  
8 9 0  
rem- 
pe r -  
ature 
dif- 
f e r -  
ence 
ratio,  
rt - Tw 




0 . 3 7 1  




0 .522  
0 .540  
0.569 
0.592 
0 .599  
0.637 
0 .659  
0.700 
0 .782  
0 .848  
0 .901  
0.586 
0 .938  
3.6 0.985 0.967 
3.7 0.997 0 .990  
3.7 0.999 0.996 
3.7 0.999 0.997 
3.7 1 .000 '  0.999 
3.7 1.000 0 .999  
3.7 1.000 1.000 
3.7 1.000 1.000 
3.7 0.994 0.982 
3.7 0 .998  0 . 9 9 3  
Dis- 
tance 
rat io ,  




0 . 0 3 1  
0.037 
0 .043  
0 .049  
O.060 





0 . 1 2 9  
0 .152  
0.198 
0.341 















ra t io ,  
0.499 






0 . 6 7 7  
0.71E 
0 . 7 3 i  
0.746 
0 .753  
0 .791  
0.823 



















































pe r -  
a tu re  
dif- 
f e r -  
ence 
rat io ,  
T t  - T, 






























0 .e73  
TABLE IV. - BOUNDARY LAYER SURVEY AT A NOMINAL MACH NUMBER OF 4.4 FOR ADIABATIC INLET 
[Free-stream velocity uo3 = 3043 ft/sec (927 m/sec); wall temperature Tw = 570' R (317 K); free-stream stagnation temperature 
To = 970' R (539 K); edge stagnation temperature Tt, e = 960' R (533 K); velocity boundary layer thickness ,6 = 0.161 in. 




1 Integration to edge condition ]Integration to free-stream condition I 
Displacement,, 6* Momentum, 0 I Displacement, 6* 
in. cm in. cm in, cm 
0.056 0.142 0.010 0.025 0.061 0.155 
1 9 8  1 1 C  ' Y C 5  i 536  3 6 3 3  
1 9 9  1 1 0  1 770 1 5 3 9  3 0 4 3  
Y ture, perature, num- ratio, ature ratio, ratio, ratio, ature 
dif- , y/6 d u e  y/A dif - ft/sec m/sec her, Tt T 
9 2 4  4.4 
9 2 7  4 .4  
-- 






"t - Tw Tt - "w 
"0 - Tw T t , e - T w  
N 
wl 
0 . 0 0 1 2  
0 .0030  
C.UC32 
0 .0052  
0 . 0 0 7 2  
0 . 0 0 9 2  
0 .0132  
'2 .0172 
0 .0232  
0.0262 
0 .0412  
0.0652 
0 .0862  
0 . 1 0 3 2  
0 . 1 2 1 2  
0 . 1 4 1  7 
0 .1417  
0 .1672  
' C.1732 
I O . l l O 2  
0 .1832  
0 . 1 9 7 2  
0 . 4 0 2  









0.11 59  1 
C.0718 
6 . 1 0 4 8  
C.1657 
6 .2191  
:; .2 6 2  3 
C . 3 O e O  
2 .3600  
c . 3 a n 4  
3 .4045  
11.4248 
'; .4 4 0 1 
' c1.4523 
2 .4655  
.:.5010 
1.2275 
0 .227  
0 . 4 0 9  
0.491 
0 .610  
0.650 
0 .605  
0 . 7 1 4  
0 .742  




0 . 9 6 0  
0 . 9 7 9  
0 .Yd4  
O.YM9 
0 . 9 9 3  
0 . 9 9 4  
0.5511 
0 . 8 0 7  
0 . 3 0 9  
0 . 3 7 4  
0 . 3 8 3  
0 . 4 5 7  
0 .508  
0 . 5 3 6  
0 . 5 7 0  
0 .595  
0 . 5 3 2  
0 .655  
0 . 7 1 0  
0 . 1 9 1  




0 . 9 h 6  
0 . 9 7 4  
0 . 9 8 0  
O.?d2 
0 .008  
0.019 
0 . 0 2 0  
0 . 0 3 3  
0 .045  
0 . 0 5 8  
0 . 1 0 7  
0 . 1 4 5  
0 . 1 7 6  
0 . 2 5 7  
0 . 5 3 7  
0 . 6 4 3  
0 .755  
0 . 8 3 3  
0.932 
0 . 9 9 7  
1 . 0 4 1  
1 .079  
o.ons 
0 . 4 0 6  
0 . 9 9 5  0.Y84 1 . 1 1 0  
0 .229  
0 . 4 1 ?  
0 .496  
0 .616  
0 . 6 5 t  
0.69 i 




0 .875  
0 . 9 2 1  
0 .948  
0.77C 
0 .988 
0 . 9 9 4  
0 . 9 9 9  
1 .ooc  
1.ooc 
I.0OC 
0 .563  
0.008 0.317 
0.019 0.3f33 
0 . 0 2 0  c .3s3 
0.033 0 . 4 t 8  
0.045 0 .521  
0.057 0.549 
0 .082  0 .584 
0.107 0.610 
0 . 1 4 4  0 . 6 4 8  
0 .175  0 . 6 7 1  
0 .256  0.727 
C.405 0 .810  
0.535 0.872 
0.540 0.516 
0 .752  0 . 9 5 0  
0.879 0 .580  
0 .928  0 . 9 9 0  
0 .987  0.59'3 
1.037 1 . O C O  
1 .074  1.CCU 
1.105 1.COO 
TABLE V. - BOUNDARY LAYER SURVEY AT A NOMINAL MACH NUMBER O F  2.1 FOR COOLED INLET 
[Free-stream velocity um = 2324 ft/sec (708 m/sec); wall temperature Tw = 771' R (438 K); free-stream stagnation temperature 
To = 971' R (541 K); edge stagnation temperature T 
(0.274 cm); temperature boundary layer thickness A = 0.155 in. (0.394 cm).]  
= 961' R (534 K); velocity boundary layer thickness 6 = 0.108 in. 
t ,  e 
in. cm 
0.0024 0.0061 
I Integration to edge condition I Integration to free-stream condition 
in. cm in. cm 
0.0019 0.0048 0.0039 0.0099 
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6 7 0  
675 
68 1 




























































































6 9 5  
6 1 9  
6 0 6  
5 8 5  
574  
5 4 4  
528  
507 
5 0 2  




























3 4 4  
33 7 
32 5 















































































































































TABLE VI. - BOUNDARY LAYER SURVEY AT A NOMINAL MACH NUMBER OF 3 . 7  FOR COOLED INLET 
[Free-stream velocity um = 2914 ft/sec (888 m/sec); wall temperature Tw = 633' R (352 K): free-stream stagnation temperature 
To = 9'74' R (541 K); edge stagnation temperature Tt .e  = 964' R (536 IC); velocity boundary layer thickness 6 = 0.296 in. 
(0.752 cm); temperature boundary layer thickness A = 0.408 in. (1.036 cm), ] 
in,  
0.0073 
1 Integration to edge condition ~ Integration to free-stream condition 1 
cm in. cm in. cm in. cm 
0.0185 0.022 0.056 0.011 0.028 0.021 0.053 

























































0.998 0 . 5 8 8  
1.000 1.000 
Distance from Local static Local stag- Local velocity, Local Ve- Tem- Dis- Veloc- Dis- Tem- 
Y ture,  perature. num- ratio, ature ratio, ratio, ratio, ature 
nozzle wall, t enpera-  nation tem- U Mach locity per- tance ity, tance per- - 
m/sec ber,  u/u, dif- y/6 u/u_ y/A dif- ft/sec Tt T in. cm 
0.0012 
0.0047 
0 .0057  
0.0062 

























































0 . 1 5 ~ 8  
607 
5 3 4  
505 
4R3 
4 6 1  
4 4 2  
4 3  1 



























































































4 5 3  
458 
463 
4 6 9  
4 7 2  



























































Tt - T 





Tt - T 
Tt, e - Tw 




6 2 9  
6 5 3  
67 0 
6 9 2  
7 0  2 
716 
73R 
7 5 6  
7 8 9  














8 7 3  
87 7 
886 





























































































































TABLE VI. - BOUNDARY LAYER SURVEY AT A NOMINAL MACH NUMBER O F  4 . 4  FOR COOLED INLET 
[Free-s t ream velocity um = 3062 ft,'ser (933 m/sec) ;  wall temperature  T,,, = 572' R (318 K); f ree-s t ream stagnation temperature  
T o  = 970' R (539 K); edge stagnation temperature  Tt ,  e = 961' R (534 K): velocity boundary layer  thickness 
(1.024 cm);  temperature  boundary layer thickness A = 0.554 in. (1.407 cm).  ] 
6 = 0.403 in. 
Distance from 
nozzle wall, 
Local s ta t ic  Local s tag-  Local velocity. Local Ve- Tem-  Dis- Veloc- Dis- Tem- 
tempera-  : nation tem- U /Mach j locity per- ! tance , ity. tance per- 
ra t io ,  
T t  - T w  
T o  - Tw 
rat io ,  
Tt - T, 
Tt. e - Tw 
0.0012 
0.0047 























































0 . ~ 3 2 4  
0.5036 
1.01 16  
6 2 9  350 7 2 1  
5 4 2  301 749 
4 7 6  264  7 R 4  
4 4 5  7 4 1  801 
4 1 9  7 3 3  , 813 
377  7 0 7  836  
7 C 8  171  R66 
270  1 5 0  R87 
2 4 1  134  904 
212  1 1 8  922 
7 0 5  1 1 4  927 
1 9 9  111  930 
195  1 0 8  932 
190 1 0 6  934  
1 8 9  105  935 
1 P b  1 0 4  936 
185 1 0 3  936  
1 8 4  1 0 2  937 
1 8 4  102 937 
1 8 4  1 0 2  938  
1 8 4  102 940  
l R 4  102  941  
1R5 103  945 
1 8 6  103 949  
If36 1 0 3  $51  
1 8 7  1 0 4  957 
1 8 9  1 0 5  965 
1 9 0  105  969  
1 9 0  106  970  
220  172 $17 
4 0 0  
416  












5 1 9  
520 
5 2 0  
5 2 0  






5 2 1  
532 
5 3 6  
5 3 8  
5 3 9  
528  
1 0 4 9  319  
1516 4 8 0  
2066 6 2 9  
2177 66  3 
2360  7 1 9  
2587  7R8 
2123  8 29 
2 8 2 1  8 59 
2894  882  
2 9 1 9  8R9 
2944  897  
2964  9 0 3  
2977 9 0 7  
2989  9 1  I 
2995 9 1 2  
3005  915  
3006 916  
3007 916  
3 0 1 0  917  
3013  918  
3014  918  
3022 9 2 0  
3028 9 2 2  
3030  9 2 3  
3 0 4 0  926  
3053  930  
3 0 6 0  9 3 2  
3062 9 3 3  
1938 59 n 
3000 9 1 4  
0.9 0.343 0.373 
1.4 0.515 0.445 
1.8 0.633 0.543 
2.0 0.675 0.574 
2.2 0.711 0.606 
2.5 0.171 0.664 
3.0 0.845 0.737 
3.4 0.889 0.790 
3.7 0.921 0.833 
4.0 0.945 0.866 
4.1 0.953 0.878 
4.2 0.962 0.890 
4.3 0.968 0.900 
4.4 0.972 0.904 
4.4 0.976 0.909 
4.4 0.979 0.912 
4.5 0.980 0.913 
4.5 0.981 0.915 
4.5 0.982 0.915 
4.5 0.982 0.916 
4.5 0.983 0.920 
4.5 0.984 0.923 
4.5 0.984 0.925 
4.5 0.987 0.937 
4.5 0.989 0.947 
4.5 0.990 0.951 
4.5 0.993 0.966 
4.5 0.997 0.987 
4.5 0.999 0.997 























































































o.e i4  0.990 
1.145 i .ooa 
1.325 1.000 
1.560 1.000 
t 14.26 in. - 
(0.362 m) - 10.21 in. ---c 
- 5. % in.- (0.259 m) 
(0. 151 m) -5.14 in. 
(0.131 m) 
F 
c I Sharp corner-, 
Inlet 
I 
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‘, ld l l .  4‘. I^_ LHeat exchanger Test nozzle (detail view) 
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‘Test nozzle , Boundary layer yiinaricai inlet-/ 
probes (Mach 2.1, 
3.7, and 4.4) 1 6 f t  = I_  2.5f t  
CD-10405-33 
(1.83 m )  (0.76 m) 
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0 Adiabatic 2296 (700) 0.021 (0.053) 
0- 1.0- .- 
I m L
A c.- 
8 -p . 9 -  




0 . 2  . 4  . 6  .B 
. 4  
Distance from wall, y/b 
(a) Velocity ra t io  ulu, = f(y/b). 01 
3 
0 0  0 0  
0 





0 0  
.7 




Inlet Edge velocity, u, Thickness, 6, 







c -s8Fh:! .9 
.6 
. 5  
. 4  . 001 
0 Adiabatic 2896 (883) 0.087 (0.221) 
0 Cooled 2885 (879) ,296 (.752) 
I I I I 
.2 . 4  .6 .8  1.0 
Distance from wall, yl6 
(a) Velocity rat io ulu, = f(1 6). 
CP 
0 0  
oo 0 
oo 
0 0  0 
0 
0 
1 I I I I I l l 1  I I I I 1 1 1 1 l  1 I I  
.002 .OM .006.008 . 01 .02 .M .06 . 0 8 . 1  . 2  .4  
Distance from wall, y, in. 
I I I 1 1 1 1  I I I 1 1 1 1 1 1  I I  .4 I d  .6 .8 1 
.W .006.008.01 .02 .M .06 .08 .1 . 2  
Distance from wall, y, cm 
(b) Velocity rat io u / u e  = f(y). 
Figure 5. - Velocity profi les at free-stream Mach number of 3.7 corresponding to tests w i th  
adiabatic and cooled in le t  (tables 111 and VI, respectively). Stagnation temperature 






. 4  
. 2  
In le t  Edge velocity, ue, Thickness, 6, 
b 
3 ftlsec (mlsec) in. (cm) 
L 0 Adiabatic 3013 (918) 0.161 (0.409) 




0 . 2  .4  .6  . 8  
Distance from wall, y l6  








.002 .OM .006 ,008.01 .02 .M .06 .08 .1 . 2  . 4  '.6 
Distance from wall, y, in. 
I I l l 1 1 1 1 1  
.006.008.01 .02 .04 .06 .08 .1 .2 .4  .6  .8 1 
Distance from wall, y, c m  
(b) Velocity ra t io  d u e  = f(yL 
Figure 6. - Velocity profiles at free-stream Mach number of 4.4 corresponding t o  tests 
wi th adiabatic and cooled in le t  (tables I V  and V I I ,  respectively). Stagnation temper- 
a tu re  To =: 970' R (539 K); stagnation pressure Po =: 300 pounds per square i n c h  
(20. 7x105 N/m2) absolute. 
34 
In le t  Edqe tem- Wall tem- Thickness, 4 
perature, Tt e, perature, T,, in. (cm) 
"R (K) ' "R (K) 
0 Adiabatic 964 (535) 788 (438) 0.039 (0.099) 
0 Cooled 962 (534) 771 (428) .155 (. 394) 
I; 
I c (a) Temperature difference rat io  (Tt -Tw)/(Tt,e -Tw) = f(y/A). 
t 
0- 1.0 ._ 
I m L 
























4 I 0 1  O C P  PI I 1 1 1 1  I I I 1 I I L L  . -  
.002 . OM .006.008 . 01 .02 .M .06 .08 .1 . 2  
Distance from wall, y, in. 
I I I  , I  I I 1 1 1 1 1 1 1  I I I 
.006.008 . 01 .02 .M .06 .08 . 1  .2 . 4  
Distance from wall, y, cm 
(b) Temperature difference rat io (Tt - Tw)/(Tt,e - T,) = f(y). 
Figure 8. -Temperature profiles at free-stream Mach number of 2.1 corresponding 
to tests w i th  adiabatic and cooled in le t  (tables I1 and V, respectively). Stagnation 
temperature TO zz 970" R (539 K); stagnation pressure Po 300 pounds per square 




. 2  
'-tiM = 0.111 in. (0.282 cm) 
0 Mach number ratio, MIM, 
0 Temperature ratio, Tt/Tt, e 
0 1 I I I 1 
(a) Mach number and temperature profiles. Edge 
stagnation temperature Tt,e = 964" R (536 K). 
1.0 
= 0.296 in. (0.752 cm) 
y Bartz method (ref. 6), 
= 0.118 in. (0.300 cm) 
.8  
. 4  iL 0 I ~~ I I 
.1 . 2  . 3  
Distance from wall, y, 
I I  I 
0 .2 .4  .6  .8  
Distance from wall, 
I I 
.4  .5 
in. 
I I .A 
1.0 1.2 1.4 
Y, cm 
(b) Velocity profile. Edge velocity ue = 2885 feet per 
second (879 mlsec). 
Figure 7. - Mach number, temperature and velocity 
distr ibut ions at free-stream Mach number of 3.7 
corresponding t o  tests w i th  cooled inlet. 
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Inlet Edge tem- 
perature, Tt,e, 
"R (K)  
0 Adiabatic 960 (533) 
0 Cooled 964 (536) 
Wal l  tem- Thickness, 4 
perature, T,, in. (cm) 
OR (K) 
637 (354) 0.083 (0.211) 
633 (352) .408 (1.036) 
3 + , (a) Temperature 
5 
= E l.Or 
I o  









. 4 l  01 I I I 1 I I I I I  1 1 1 -  
.002 .OM .006.008.01 .02 .04 .06 .08 .1 .2 . 4  .6 
Distance f rom wall, y, in. 
Distance f rom wall, y, cm 
(b) Temperature difference rat io (T i  - T,)/(Tt,e - T,) = f(y). 
Figure 9. - Temperature profiles at free-stream Mach number of 3.7 corresponding to  tests 
wi th  adiabatic and cooled in le t  (tables I11 and VI ,  respectively). Stagnation temperature 
T 
alsolute. 
970" R (539 K); stagnation pressure Po = 300 pounds per square i n c h  (20.7xlG N/m2) 
37 
I 
In le t  Edge tem- Wall tem- Thickness, 4 
perature, Tt,e. perature, Tw, in. (cm) 
"R (K) "R (K) 
0 Adiabatic 970 (539) 570 (3171 0.161 (0.409) 




























0 0  
0 
0 
0 0  
0 
O n  cn 
00 
0 
Distance from wall, y, in. 
I I l l l l l l  I I I I I I I I J  
. 01 .02 .04 .06 .08 .1 .2 .4 .6 .a 1 
Distance from wall, y, cm 
(b) Temperature difference rat io  (Tt - Tw)/(Tt,e - T,) = f(y). 
Figure 10. -Temperature profiles at free-stream Mach number of 4.4 corresponding 
to tests wi th  adiabatic and cooled in le t  (tables IV and VII, respectively). Stagna- 
t i on  temperature T = 970" R (539 K); stagnation pressure Po = U M  pounds per 
square i n c h  (20.7xb Nlm2) absolute. 
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0 Integration to edge condition 
0 Integration to  free-stream condition 
Bartz theory (ref. 6), n = 0 and 0.25 
--- Sasman-Cresci theory (ref. 7) 
 i 
- \  
-2 0 2 4 6 8 
Axial distance, dd:; 
Figure 11. - Theoretical and experimental momentum thickness 
distributions corresponding to tests wi th adiabatic inlet.  









0 Integration to edge condition 
Integration to free-stream condition 
Bartz theory (ref.  6), n = 0, 1/7- and 
Sasman-Cresci theory (ref. 7) 
----- Sasman-Cresci theory (ref. 7) 
U4-power temperature profiles - I  init ial ized w i th  Bartz value of 
- I,\ 
-2 0 2 4 6 8 
Axial distance, dd.2 
Figure 12. - Theoretical and experimental momentum thickness 
distributions corresponding to tests wi th cooled inlet. Throat 
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0 Integration to edge condit ion 
0 Integration to free-stream condit ion 
Bartz theory (ref. 61, n = 0 
Bartz theory (ref. 61, n = 0.25 
Sasman-Cresci theory (ref. 7 )  
/ 
/' 
. M C  \ /' T 
I I 
-4 -2 0 2 4 6 8 
Axial distance, xld:: 
Figure 13. - Theoretical and experimental displacement thickness 
distr ibutions corresponding to  tests wi th  adiabatic inlet. Throat 
diameter d;: = 1.492 inches (3.790 cm). 
- 0 Integration t o  edge condit ion 
0 Integration to free-stream condit ion 
Bartz theory (ref. 6), n = 0 
Bartz theory (ref. 6) wi th  U4-power 
temperature profile, n = 0 
Sasman-Cresci theory (ref. 7 )  ------ 
Sas man -Cresci theory 













I a I - -. o!4 'I -2 0 2 4 6 
Axial distance, xlds 
Figure 14. - Theoretical and experimental displacement thickness 
distr ibutions corresponding to  tests wi th  cooled inlet.  Throat 




Stagnation Stagnation Condition 
temperature, Tt, pressure, Pt-l, 
O R  (K) psia (Nlcmzabs) 
0 970 (539) 300 (207) Free-stream design in test nozzle 
0 970 (539) <300 (<207) Off-design in test nozzle 
(3 540 (300) ---- ------ Free-jet faci l i ty 













92 I I I I 1 I I I I I >  
0 .4  .8 1.2 1.6 2.0 2.4 2.8 3.2 3.6 4.0 4.4 4.8 
Mach number,  M 
Figure 15. - Variation of recovery ra t io  wi th Mach number and stagnation pressure for boundary layer 
temperature probe. 
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